The primary goal of this work is to extend the work done in, [1] , to provide high accuracy satellite attitude and orbit estimates needed for imaging purposes and also before execution of spacecraft orbital maneuvers for the next Egyptian scientific satellite. The problem of coarse satellite attitude and orbit estimation based on magnetometer measurements has been treated in the literature. The current research expands the field of application from coarse and slow converging estimates to accurate and fast converging attitude and orbit estimates within 0.1 o , and 10 m for attitude angles and spacecraft location respectively (1-σ). The magnetometer is used for both spacecraft attitude and orbit estimation, aided with gyro to provide angular velocity m e a su r e m e n t s , star sensor to provide attitude quaternion, and GPS receiver to provide spacecraft location. The spacecraft under consideration is subject to solar radiation pressure forces and moments, aerodynamic forces and moments, earth's oblateness till the fourth order (i.e. 4 J ), gravity gradient moments, and residual magnetic dipole moments. The estimation algorithm developed is powerful enough to converge quickly (actually within 10 seconds) despite very large initial estimation errors with sufficiently high accuracy estimates.
Introduction
Magnetometer has the advantages of low cost, high reliability, non-intermittent measurements (compared to sun-senor which couldn't be used during eclipse times), and long lifetime due to the absence of moving parts inside. On the other hand, magnetometer measurements couldn't be used for instantaneous spacecraft attitude determination process. This is because attitude determination algorithms found in Refs. [2] , [3] (such as q-method, algebraic method, optimized triad, modified algebraic method, etc.) require at least two or more sensors that measure more than a single physical quantity. In order to use measurements of a single physical quantity (such as the earth's magnetic field measured by a three-axis magnetometer) estimation algorithms (which are by default model based) must be used instead. The problem of coarse satellite attitude and orbit estimation based on magnetometer measurements has been treated in the literature [1] . In this treatment, necessary derivations to reveal the algorithms found in [4] , and [5] have been made.
The magnetometer is used mainly to provide measurements during the detumbling and the standby mode of operation which by definition don't require high accuracy attitude or orbit estimates. The nature of the estimation process of satellite attitude and orbit based on magnetometer is characterized by slow convergence (typically requires several revolutions about the earth) and low accuracy estimates (of about 5 o to 7 o ). During high accuracy satellite operation mode, magnetometer is used mostly for attitude estimation [6] , [7] . Inclusion of magnetometer measurements for spacecraft orbit estimation in addition to attitude estimation during high accuracy operation mode is considered to be a challenge. The resulting solution enhances attitude and orbit estimation errors that are incorporated with standard estimation techniques. The primary goal of this work is to provide fast converging and high accuracy satellite attitude and orbit estimates needed for imaging purposes and also before execution of spacecraft orbital maneuvers for the next Egyptian scientific satellite despite large initial estimation errors. The current research expands the field of attitude and orbit estimation based on magnetometer from coarse and slow converging to accurate (typically within 0.1 o , and 10 m for attitude angles and spacecraft location respectively 1-σ) and fast converging (actually within 10 seconds) attitude and orbit estimates. The magnetometer is used for both spacecraft attitude and orbit estimation, aided with gyro to provide angular velocity measurements, star sensor to provide attitude quaternion, and GPS to provide spacecraft location. The spacecraft under consideration is subject to many disturbances such as solar radiation pressure forces and moments, aerodynamic forces and moments, earth's oblateness till the fourth order (i.e. 4 J ), gravity gradient moments, and residual magnetic dipole moments. Large initial attitude estimation errors typically about (180 o for the yaw angle, 175 o for the roll and 85 o for the pitch angle) are used to test the convergence of the estimation algorithms from nearly lost in space conditions. The estimation algorithm developed is powerful enough to converge quickly (actually within 10 seconds) despite very large initial estimation errors with sufficiently high accuracy predictions.
Modeling Spacecraft Dynamics
The nonlinear differential equations describing the combined translational and rotational motions of the satellite are given by [1] ,  is the attitude state vector composed from the quaternion vector with 4 q representing the real component of the attitude quaternion (representing the rotation from inertial to body axes), and the inertial angular velocities. The case study satellite is subject to many disturbances such as solar radiation pressure forces and moments, aerodynamic forces and moments, earth's oblateness till the fourth order (i.e. 4 J ), gravity gradient moments, and residual magnetic dipole moments. All these models are propagated through equation (1) for the true and estimated spacecraft but not included in the propagation of the state transition matrix calculated by the extended Kalman filter algorithm. This is because of several factors:
1-The motion of the spacecraft is mostly modeled by equation (1). 2-The disturbances presented are too high nonlinear functions of the states which impose many complications over (and even could inhibit) the computation of the derivatives needed by the state transition matrix with approximately no gain for the accuracy.
3-The complete effect of disturbance forces and moments is taken into consideration during state propagation of the extended Kalman filter.
4-The state propagation matrix is typically used to calculate the Kalman gain which could be computed based on that approximation nearly without loss of accuracy. In addition, The estimation algorithms developed are not restricted to small angles such as those restrictions found in [11] , and [5] .
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Development of the extended Kalman filter estimation algorithm
The basic structure of the extended Kalman filter is The state transition matrix according to [9] is calculated from
with T  defined as the sampling time interval and
where the measurement vector h corresponding to magnetometer, gyro, star sensor, and GPS is given by : is earth's magnetic field component measured by the magnetometer in the corresponding direction. The measurement matrix according to (9) and (10) Details of computing the first three rows of equation (11) are lengthy and could be given in [1] . As evident from equation (11), there is no need to check the observability of the system because of several reasons:
1-All of the components of the attitude state vector are directly measured with a sensor in addition to magnetometer. 2-The components of the orbital state vector are the inertial position and velocity. GPS provide measurements of the satellite position, which in turn could be used to compute satellite velocity. Thus, all the components of the orbital state vector are measured through GPS, in addition to magnetometer.
Errors
Errors affecting the estimation process result from different sources. The first source is the different disturbance forces and moments affecting the spacecraft. The case study satellite is subject to many disturbances such as solar radiation pressure forces and moments, aerodynamics forces and moments, earth's oblateness till the fourth order (i.e. 4 J ), gravity gradient moments, and residual magnetic dipole moments. Modeling of these disturbance forces and moments is taken into consideration. Details of these models are given in Refs. [1] , [2] , [3] , and [8] . The earth's magnetic field model coefficients are given in [10] . The second source of errors results from the un-modeled disturbances acting on the satellite. These disturbances are treated as a zero-mean Gaussian white process noise, w . This manipulation could be mathematically expressed as
The third source of errors is related to the measurement process. The un-modeled measurement process is given by the measurement equation
where  , is a white Gaussian noise associated with the measurement device.
Simulation Parameters, and Results
The initial parameters of the case study spacecraft are a (semi major axis) = 7139200 m, The estimation error of attitude angles is shown in Fig. 1 . As clear in this figure, the estimation error is converging to near zero within about 10 seconds despite large initial attitude estimation error. Fig. 2 shows the angular velocity estimation error. Figure 3 shows the magnitude of the position estimation error between the true and estimated satellites. As shown in this figure the estimation error is reduced drastically before 5 seconds. The maximum standard deviation of the attitude angles estimation error was 0.11 o . The standard deviation of the magnitude of the position estimation error is about 9.9 m. 
Conclusion
The proposed structure of the estimation algorithm had successfully extended the capability of the work done in [1] as seen in Table 1 .
The developed estimation algorithm converged within less than ten seconds despite large initial estimation error. The estimation algorithm developed is characterized by fast convergence (typically within ten seconds), high accuracy (0.11° for estimation errors and 10 m for position error), and the capability to deal with large initial estimation errors (as high as 180 o ). Therefore, it is considered to be suitable during imaging and before execution of any orbital maneuver. 
